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Full Navier-Stokes Analysis of an Axisymmetric Scramjet Inlet

Yeu-Chuan Hsia*
Rockwell International Corporation, Canoga Park, California 91309

A full Navier-Stokes (FNS) computation was carried out on a mixed-compression axisymmetric scramjet inlet
at Mach 5. The geometry including a blunt nose and cowl leading edge was modeled using a multizone approach
which permitted running either time-marching or space-marching on individual zones. A Baldwin-Lomax tur-
bulence model was used to simulate the effects of turbulence. The flow solution agreed very well with the test
data on the wall static pressure and throat total pressure. The inlet performance calculated by postprocessing
the solution matched the wind-tunnel test data as well.

I. Introduction and the Y axis being the radial coordinate. The origin is lo-
cated at the imaginary vertex of the conical centerbody. The
dimensions shown in Fig. 1 have been nondimensionalized by
the cylindrical cowl radius at the leading edge R..

The wind-tunnel tests were made at various Mach numbers
between 4—8 on two scaled models: 1) one-third scale and 2)
two-thirds scale. The current analysis was based on the two-
thirds scaled model tested at tunnel Mach number of 5. The
cowl leading edge (X, ) was set at 3.865R,. The tunnel total
pressure and total temperature were 40 psia and 665°R, re-
spectively. The Reynolds number per foot was 1.84 X 10¢,
The model was cooled to 460°R. No boundary-layer trip was
used, and the boundary-layer transition on the centerbody
was estimated® at X/R, = 3.3. During the test, the inlet was
started, i.e., the core flow was supersonic throughout the
inlet. The available test data for CFD validation were in the
forms of wall static pressure distributions, throat total pres-
sure profiles, air capture ratio, and total pressure recovery.

AMIJET and scramjet (supersonic combustion ramjet)

engines are promising propulsion devices for the air-
breathing hypersonic vehicles. These engines are mechani-
cally simpler than the turbojet-type engines, yet they operate
more efficiently at supersonic and hypersonic speeds. Due to
the wide range of speeds and altitudes of hypersonic flight,
the development and design of these engines face some in-
herent difficulties. The ground test facilities can usually op-
erate at a limited number of discrete conditions for a very
short duration. Besides, the enormous power required to op-
erate the facility limits the size of the facility and, in turn, the
size of the model. As a result, these facilities cannot simulate
the full range and scope of the flight regime.

Computational fluid dynamics (CFD), which uses numer-
ical algorithms to solve fluid dynamics equations on com-
puters, has become a powerful tool to complement the ground
testing and to extrapolate to the flight conditions. In the past
two decades, numerical algorithms have been advanced from
solving the potential equations to the full Navier-Stokes (FNS)
equations with chemical reactions. Numerical techniques were A. CFD Code

also developed to simulate flowfields of multiple engine The FNS solver used is the USA-RG2 (unified solution
modules' and engine/airframe integrated vehicles.2 However, algorithm, real gas, two-dimensional), one of the USA series
the capabilities of the computer codes based on these tech- of codes.? These cé)des have been used to solve a variety of
niques were usually demonstrated with simplified geometries. fluid dynamics problems.*5 The USA-RG2 solves the two-
Co'de \_/alidations on more complex ﬂovyfields are needed. The dimensional or axisymmetric conservation law form of the
objective of the present work is to validate the CFD code on  ¢jme_dependent full Navier-Stokes or, in the case of turbu-
a more re‘flllstl.c configuration. . . lence, the Reynolds-averaged Navier-Stokes (RANS) equa-
_ This article is to report a full Navier-Stokes analysis on the tions based on the finite volume discretization using the TVD
1n1e_t of the hypersomc rescarch engine (HRE), which was formulation® to capture strong discontinuities (or shock waves)
designed and tested in the late 1960s. Two scaled models of without spurious oscillations. The solution methodologies used
the HRE inlet were tested extensively in the wind tunnels. in the code include a multistage Runge-Kutta explicit scheme,
Some of the test data are used here for CFD validation. the approximate factorization scheme, and the Gauss-Seidel
and colored relaxation schemes: The code can be run in either

II. Model Geometry and Wind-Tunnel Test time- or space-marching mode. The gas properties can be

The inlet is an axisymmetric, mixed-compression design :
with a translating cowl to control the compression (Fig. 1).
It is composed of two parts: 1) the centerbody and 2) the 12 0
cowl. The present analysis involves only zero angle of attack
and zero yaw, hence the flow can be assumed to be axisym-
metric and only a single azimuthal plane needs to be com-
puted. A two-dimensional Cartesian coordinate is used with
the X axis being the axial coordinate along the centerline,

1. Computation Setup
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Fig. 2 Computation zonal arrangement.
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Fig. 3 6-Zone computation grid.
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Fig. 4 Zone 1 grid around centerbody nose.
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Fig. 5 Grids around cowl and in the internal compression region
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Fig. 6 Centerbody wall static pressure distribution.
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Fig. 7 Cowl internal wall static pressure distribution.
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Fig. 8 Throat total pressure profile.

chosen from perfect gas or real gas. The real gas option allows
for equilibrium air,” frozen chemistry, and finite-rate chem-
istry.® The solver incorporates three turbulence models: 1) a
zero-equation Baldwin-Lomax model, 2) a one-equation tur-
bulent kinetic energy transport model,® and 3) a two-equation
k-¢ transport model.’® The code also possesses a multizone
structured grid bookkeeping capability which facilitates the
treatment of complex geometries.!!

In the current analysis, the axisymmetric option of the code
was selected and the perfect gas property was assumed. Both
time-marching and space-marching methods were used. The
time-marching method used was the approximate factoriza-
tion scheme with scalar tridiagonal left side. The space-march-
ing method used was the Gauss-Seidel relaxation scheme. For
the zones with turbulent flows, the Baldwin-Lomax turbu-
lence model was selected. Although the original Baldwin-
Lomax model was derived based on the incompressible flow,
the one used in the USA code carried the compressibility
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Fig. 9 Overall inlet flowfield: a) Mach number contours and b) normalized static pressure contours.

effect through the use of constants based on the compressible
flow.

B. Grid System

Six zones were used in this analysis (Fig. 2) to handle the
complex flowfield. Zone 1 modeled the blunt nose of the
centerbody. Zone 2 covered most of the external compression
region. Zones 3 and 4 defined the geometry of the cowl lip.
Zone 5 was the internal compression region. Zone 6 took care
of the flow external of the cowl. The total number of grid
nodes was 28,136 (Fig. 3). The exact circular geometries of
the nose and cowl lip were modeled (Figs. 4 and 5, respec-
tively). Grids were clustered near the solid surfaces to resolve
the boundary-layer flow profiles. The first grid node away

from the wall in the throat was about 5.8 X 10-7R_, which
corresponded to a y* of about 0.01.

C. Boundary Conditions

Boundary conditions are required on all boundaries of each
zone. A freestream boundary condition was applied at the
upper boundaries of zones 1, 2, 4, and 6. A no-slip boundary
condition was used on solid surfaces. A symmetry boundary
condition was used on the Y/R, = 0.0 boundary in zone 1.
A zero-gradient extrapolation boundary condition was used
at the flow exit planes of zones 5 and 6. The boundary con-
ditions used at the zonal connections are either “coupled” or
“uncoupled,” depending on the orientation of the boundary,
the flow physics, and the computation procedure. The coupled
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Fig. 10 Centerbody nose flowfield: a) Mach number contours and b) normalized static pressure contours.

zonal boundary condition allows the information to exchange
between the neighboring zones. The uncoupled zonal bound-
ary condition allows the flow information to propagate in the
forward direction only.

D. Computation Procedure

Because supersonic flows do not propagate downstream
influence to upstream, zones connected in the streamwise

direction were run sequentially in the flow direction for sav-
ings in CPU time. Within each zone, the space-marching method
was used unless a subsonic region was expected inside that
zone. Zone 1 was first run with time-marching method be-
cause subsonic flow was expected at the blunt nose. However,
the flow accelerates to supersonic before reaching the down-
stream boundary. Hence, a zero-gradient extrapolation
boundary condition was applied when running zone 1 alone.
After zone 1 was converged, its exit flow was used as the
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Fig. 11 Flowfield around cowl and internal compression region:

inflow condition for zone 2, which was run with space-
marching method. Zones$ 3 and 4 were then initialized with
zone 2 exit flow and run time-marching simultancously be-
cause of the blunt cowl leading edge. Zones 5 and 6, which
followed zones 3 and 4, respectively, were run with space-
marching method. After every individual zone was com-
puted, all six zones were run time-marching simultaneously
with coupled inter-zonal boundary condition to allow in-
teractions between the zones and to have better connectiv-

ity.

T ]
4.7317 5.0487

a) Mach number contours and b) normalized static pressure contours.

IV. Numerical Solutions

A. Comparison with Test Data

The comparisons of the CFD solution and test data are
shown in Figs. 6—8. Figure 6 shows the normalized wall static
pressure along the centerbody. The pressure is high at the tip
due to the bluntness of the nose. It drops rapidly past the
nose and then increases gradually along the centerbody in the
external compression region (0.066 < X/R. < 3.865). In the
internal compression region, the pressure first rises sharply



832 HSIA: ANALYSIS OF AXISYMMETRIC SCRAMIJET INLET

to about 3.5 times the upstream pressure and then reveals an
oscillatory behavior. This is typical of a shock train pressure
profile in the internal compression inlet. The agreement be-
tween the solution and test data is very good except in the
region downstream of the throat (i.e., X/R, > 4.5), where
the numerical solution shows lower pressures than the test
data.

Figure 7 shows the normalized wall static pressure profile
on the cowl internal surface. Similar to the nose pressure, the
cowl leading edge pressure is very high. It drops rapidly to
about 5 and then rises again. It is followed by an oscillatory
behavior. Again, the agreement between the solution and test
data is good, except the overprediction at X/R, = 4.4. The
two data points, which are downstream and outside of the
computational domain, seem to be on the trace of the profile
of the numerical solution.

Figure 8 shows the total pressure profile across the throat.
The vertical axis is the total pressure normalized with the
freestream total pressure. The horizontal axis Yy is the nor-
malized height in the throat [i.e., (Y — Yg)/Hyy, which is
the Y coordinate above the centerbody Yg, and normalized
with the throat height Hy]. Together with the FNS solution,
there are two sets of test data shown. Those are test data at
0- and 90-deg azimuthal angles, respectively. They show the
imperfect axisymmetry in the testing—the throat core flow
skewed towards the centerbody at 0 deg and towards the cowl
at 90 deg. Near the centerbody (0.0 < Yy < 0.2), the nu-
merical solution falls in between the two sets of data. On the
cowl side (0.6 < Yy < 1.0), the solution failed to predict the
low total pressure at Yp; = 0.65 and the double inflection
around Y;,; = 0.87. The highly distorted profiles of the test
data might be caused by the interactions of boundary layer
and shock waves. The failure of capturing the shock waves
might be due to the coarse grid in the core flow region.

B. Flowfield Study and Discussion

Figures 9a and 9b show the overall inlet flowfield in terms
of Mach number and static pressure ratio (p/p.) contours,
respectively. The pressure contours in Fig. 9b are weighted
towards lower values so that the pressure field of the external
compression region can be seen. In Fig. 9a, the clustered
Mach contours which extend from nose to the cowl external
region indicate the bow shock. The bow shock angle is about
15.5 deg, which is very close to that of the flow past a 10-deg
sharp cone.*? This is expected because the blunt nose is small
compared with the centerbody. The flow behind the bow
shock continues to be compressed through the isentropic
compression section until it reaches the cowl. The flow is still
supersonic in front of the cowl (Mach 3.9), thus a cowl shock
is generated. Outside of the cowl, it coalesces with the cen-
terbody bow shock. Inside, a shock train is formed. No bound-
ary-layer trip was used on the model centerbody during the
wind-tunnel test. It means that the boundary layer transition
from laminar to turbulent, if occurred, happened naturally.
In the test, the boundary-layer transition was estimated at

X/R, = 3.3. The USA code is able to simulate a boundary- .

layer transition from laminar to turbulent. However, the tran-
sition location or region needs to be specified because there
is no transition model or criterion incorporated in the code.
In the present computation, the transition was set from X/R,
= 3.1t03.3. ‘

Although the blunt nose has insignificant effects on the
overall flowfield, the local heating and stress become signif-
icant at hypersonic speeds. Figures 10a and 10b show the
Mach number and static pressure contours around the nose.
The bow shock is seen very clearly. On the centerline (i.e.,
Y/R, = 0.0), the bow shock is normal to the flow. The flow
behind the shock is subsonic with a Mach number of about
0.4. The pressure jump across the shock is about 29. The

. temperature behind the normal shock is about six times the
freestream temperature. These are very close to the normal
shock relations at Mach 5.2

Figures 11a and 11b show the flow around the cowl and
the internal compression region (zones 3—6). The bow shock
is outside the cowl. The flow reaching the cowl leading edge
has been compressed by the external compression. At the
blunt cowl leading edge, the flow is compressed again to a
pressure ratio of 68.6. The part of air that flows into the
internal compression region is the captured air, which con-
tinues to be compressed through a shock train until it reaches
the throat (at X/R, = 4.5). In the computation, the boundary
layer was assumed to be laminar on the cowl and turbulent
on the centerbody. The maximum Mach number in the throat
is 2.6 and the mean Mach number is about 2.3. The mean
normalized pressure in the throat is 25.6.

V. Performance Calculations

Inlet performance is often characterized by the air capture
ratio (ACR), total pressure recovery (PR) and kinetic energy
efficiency (7,.). For a quasi-one-dimensional inlet (Fig. 12),
these performance parameters can be defined as

m pV24,
ACR = 2 = =222
m, piVi4A,
P,
PR = —
Pr,
¥
Mke = V%

where 1 is the mass flow rate, p the density, V the velocity,
A the cross-sectional area, and P the total pressure. The
subscripts denote the stations. Station 1 is the uniform inflow
plane and station 2 is the throat. V; is the velocity that the
flow in the throat would obtain if it were isentropically ex-
panded to the inflow (station 1) pressure.

For the present axisymmetric inlet flow, integral and av-
eraged properties are used to make an equivalent one-di-
mensional flow so that the performance can be calculated
using the above definitions. This is done by equating a one-
dimensional flow that possesses or conserves the mass, mo-
mentum, and energy of the axisymmetric flow in the throat.
An averaged throat Mach number (M,) can be found by solv-
ing a quadratic equation. Other mean quantities, such as p,,
p», and V, are then derived from this Mach number.!>-14

The computed values of ACR, M,, PR and 7, are tabulated
together with test data in Table 1. The performance data

msp‘ﬂl

Station 1 Station 2 Station 3

Fig. 12 Nomenclatures for inlet performance calculation.

Table 1 Computed inlet
performance compared with

test data
CFD Test
M, 2.33 NA
PR 0.633 0.665
ke 0.972 NA
ACR 0.853 0.856
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available from the test are PR and ACR only. A comparison
between the test and CFD solution shows that the compu-
tation accurately predicted the ACR. The pressure recovery
(PR), which is more sensitive to the flow condition, is off by
about 5%.

VI. Conclusions

A full Navier-Stokes computation has been made for an
axisymmetric scramjet inlet at Mach 5 using the USA-RG2
code. The multizone bookkeeping capability of the code al-
lowed modeling of complex geometries, and computing mixed
internal and external flows simultaneously. The flexibility of
using different numerical schemes in different zones made it
efficient to compute a flowfield with significantly different
geometric scales and flow physics, such as the blunt center-
body nose and cowl leading edge.

The numerical solution in terms of wall static pressure and
throat total pressure showed good agreement with the test
data, especially upstream of the throat. Some disagreement
downstream of the throat and in the throat core flow may be
due to the relatively coarse grid used in the region. Other
reasons that may contribute to the disagreement are the lo-
cation of the boundary-layer transition and the turbulence
model used. : ’

The inlet performance was calculated by postprocessing the
FNS solution. The air capture ratio was predicted to within
0.4% of the test data and the pressure recovery underpre-
dicted by about 5%. In addition to ACR and PR, the post-
processor was able to provide other performance parameters
useful for inlet design, such as kinetic energy efficiency, dis-
tortion parameters in the throat, etc.
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